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ABSTRACT

Aerodynamic effects of trailing edge geometry,

hole size, angle, spacing, and shape have been

studied in two- and three-dimensional cascades and

in a warm turbine test series. Heat transfer studies

j	 have been carried out in various two- and three-

dimensional test facilities in order to provide corre-

sponding heat transfer data. Results are shown in

' •

	

	 terms of cooling effectiveness and aerodynamic effi-

ciency for various coolant fractions, coolant-primary

temperature ratios, and cooling configurations.
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CYCLE AND MISSION STUDIES for advanced com-

mercial transport and military aircraft shove that

turbine inlet temperatures ranging from 1600 to

more than 1900 K are needed. Gas temperatures in

that range mandate sophisticated turbine cooling

methods to protect the vanes, blades, and endwalls.

Internal convection must be combined with film cool-

ing or a thermal barrier coating in order to utilize

the coolant efficiently and provide satisfactory tur-

bine life. Also, the effects of cooling on turbine

aerodynamic and overall engine performance must

be quantified so that rigorous engine studies can be

employed to select optimum temperatures and pres-

sures for the various aircraft and their missions.

Tradeoffs among such factors as fuel consumption,

thrust-to-weight ratio, cost and engine life may then

be systematically considered.

NASA and the Department of Defense have funded

a number of programs ranging from component eval-

uations through engine development. These have in-

cluded analytical and experimental studies: in- house

and under contract with various universities and en-

gine companies. Many of these have been reported

in general publications while some of the information

has been proprietary and/or classified.

The material reported herein was selected from

a large number of NASA reports as well as recent

unpublished information. The experimental studies

were conducted in two- and three-dimensional tur-

bine vane cascades, a flat-plate heat transfer tunnel,

a flow visualization tunnel, a warm core turbine test

facility, and a research turbojet turbine. Aerody-

namic performance, cooling effectiveness, and vis-

ualized coolant injection into the gas stream were de-

termined for a number of hole sizes, hole distribu-

tions, and injection angles with ranges of coolant

flow and efflux energy::. Moffitt Stepka,

	

This paper highlights the research program re-	and Rohlik

sults, relates heat transfer to aerodynamic perform-

	

ance, and describes current programs and their ob-	
2

jectives, A comprehensive reference list is included.
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SYMBOLS

A Area

Specific heat at constant pressurecp

D, d Hole diameter

e Kinetic energy loss coefficient	 i

K Thermal conductivity

M
a

Blowing ratio = pcVC/p COVE

Nud Nusselt number = hd/K

Pg Total pressure at turbine inlet

Red Reynolds number = pdV/µ

St Stanton number = h/p^V^cp

T Temperature

T9 Total temperature at turb ine inlet

V Velocity

x Distance in streamwise direction

y Coolant fraction, ratio of coolant-to- ,j

primary air mass flows

a Coolant hole injection angle relative to
i

local tangent plane, see fig.1

R Coolant hole injection angle relative to

streamwise flow, see fig. 1

?1 Stage or vane thermodynamic efficiency,

output power (or total kinetic energy)

dividedby total idealpower (or total

ideal kinetic energy) of all flows in-

volved, primary air plus coolant.
s

FILM Film cooling effectiveness

(Taw - Too)/(Tc - Too)

71 p Vane primary efficiency, total kinetic
_ Moffitt, Stepka,

energy output; divided by ideal kinetic

energy of primary air only.	
and RohTik

µ Molecular viscosity
3

P Dens ity



Temperature difference ratio =

(Tg - Tm)/(Tg - Tc)

rscripts:

Free stream

Adiabatic wall

Coolant

Flow conditions at Mach 1

Gas stream

Ideal or isentropic process

Wall metal

0	Basic conditions of solid vane or blade

p	Primary air

AERODYNAMIC STUDIES

This portion of the paper will give some of the

pertinent results of aerodynamic studies conducted

in-house at Lewis and under contract. The bulk of

the testing was done in 2D and 3'D cascades and at

temperature ratios (primary -air-to-coolant inlet) of

unity (refs. 1 through 15) . In addition to simplicity

and cost it was felt that the first-order basic losses

could be investigated cold and in simple cascades,

and their characteristics at actual engine conditions	
i

predicted. Initial results of this concept of predicting

engine conditions were studied in reference 16 using	 {

cold data from reference 17. The major results will	 a

be shown in this paper. In addition to cascade stud-

ies, a major effort under contract with General Elec-

tric at Evendale, Ohio was conducted using a single-

stage turbine tested at actual engine temperature ra-

tios with two sets of hardware resulting from differ-

ent cooling designs (refs. 18 through 21). The per-

formance of the solid blade turbine was determined
Moffitt, Stepka,

in-house using a 1/2 size cold air model (ref. 22).
and Rohlik

Tip clearance studies were also made of this turbine

and reported in reference 23,	 4
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CASCADE TESTS - Results of basic studies from

2D cold cascade tests will be highlighted. For all

such tests using fixed geometry holes, coolant flow

rate was varied by changing the inlet cavity pressure

of the coolant relative to the primary air. Special

emphasis will be placed on the condition when the

inlet total pressure of the coolant is equal to the inlet

total pressure of the primary air, because it repre-

sents a realistic condition relative to the ideal ener-

gies between the coolant and primary air. It will be

referred to as "cavity pressure ratio of unity" when

describing the figures.

Coolant Hole Angle Orientation - One of the

major variables in both aerodynamic and heat trans-

fer studies is the angle orientation of the coolant

holes in the streamwise and spanwise directions.

Figure 1 shows the angle defintions used throughout

this paper. As indicated, cz is the angle the hole

makes relative to the tangent plane at the local sur-

face, and a is the angle of the hole relative td the

streamwise direction of the mainstream flow. Also

shown are the nomenclature of the three streamwise

angles investigated; in-line (6 0 0) , spanwise

(13 = 900) , and compound 0 between 00 and 900) .

Single and Multirow Coolant Faction The core

vane model used for these studies is shown in fig-	 1

ure 2. The photo at the top shows six rows of holes

each on the pressure and suction surface of the vane:

The diameter and pitch (spacing between holes in the

same row) of the holes are 0.076 centimeter (0.030

ti

	

	 in.) and 0. 114 centimeter (0.>045 in.) , respectively

(ref. 3). The tests were repeated in reference 4

using the same number of holes with half the diam-

eter, or 0. 038 cm (0.015 in.) and the same pitch.

The results from the single-row ejection studies

(refs. 3 and 4) indicated that only a small amount of

the coolant energy ejected from the back portion of	Moffitt, ,Stepka,

.	 the suction surface (rows 10, 11, and 12) contributed and Rohlik

to vane exit total energy compared to coolant ejected

from other locations on the vane surface. For ex- 5
k	 ample, when the vane cavity pressure ratio was unity



(equal ideal energies for primary air and coolant),

only 10 to 50 percent of the ideal kinetic energy of the

coolant ejected from the back portion of the suction

surface was realized at the vane exit. On the other

hand, coolant ejected from the pressure surface and

forward portion of the suction surface (rows 1

through 9) realized up to 80 percent of its ideal kine-

tic energy at the vane exit.

(	 In addition to single-row tests, multirow tests

(	-	 were conducted with various row combinations open

on the pressure surface, suction surface, and both.

{	 Figure 3 shows the results when all 12 rows were

open for both the multirow tests (solid curve) and

predicted multirow results by adding single-row data

j	 (dotted curve). The results are shown as fractional

1	 change in primary efficiency relative to the uncooled

solid vane. This term is a convenient measurement

of the change in output kinetic energy caused by the

coolant and is commonly used. The results shown in

figure 3 are typical of all of the multirow tests and l
indicate that the coolant ejected from a given row

does not influence the loss characteristics of coolant

ejected from any other row. Although this vane had

only 12 total rows of holes, the same observation was	 j

made for a full.-film cooled vane with 45 rows of

smaller holes designed for an actual core turbine

(ref. 24) . This vane was tested with various portions

of the vane coolant holes sealed off.	
j

Full-Film Cooled Vane - The full-film cooled

vane with 45 rows of coolant holes referred to above

was also tested with varying hole orientation

(ref. 24) Cooling loss derivatives were obtained'

for various locations on the vane surface as a func-

tion of hole angle orientation and the results shown

as figure 4. For all of the tests shown, the holes

were inclined 350 to the local surface (a = 35°) The

doss derivatives shown represent the percent penalty	Moffitt, Stepka.,

in "thermodynamic"" efficiency per percent coolant	and Rohlik

when the cavity pressure ratio was unity for each

case. The appropriate cross-hatchings on the vane	
G

`	 sketch and the bar graphs indicate the three areas of

A
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,
the vane selected for comparison.

Figure 4 indicates that coolant flow losses from	
i

the pressure surface and the forward portion of the

suction surface are fairly insensitive to hole orien-

tation angle. They vary from about 0.2 percent

penalty for each percent coolant flow from the for-

ward part of the suction surface to about 0, 7 penalty

from the pressure surface. However, coolant flow

from the back portion of the suction surface both pro-

`

	

	 duces high losses and is very sensitive to hole angle.

For example, each percent coolant flow from in-line

holes in this region results in a loss in efficiency of

about 0. 9 (utilizes about 10 percent of available cool-

ant kinetic energy) . This loss increases to about

2.1 percent reduct,.on for each percent coolant for

spanwise holes. Compound angle holes are only

somewhat worse than in-line holes, or about 1.1 per-

cent loss per percent coolant. This suggests a com-

promise between aerodynamic and heat transfer con-

siderations. Although best overall from aerodynam-

ics, in-line holes can result in ineffective film cool-

ing (ref. 60) . Compound angle holes, on the other

hand, can result in coolant vortices, effective film

coverage and only a nominal penalty difference in

losses. Particularly for the back portion of the suc-

tion surface, then, compound angle holes may be a

desirable compromise. For any other portion of the

vane, figure 4 indicates that hole alignment can'prob-

ably be dictated from heat transfer considerations.

Varying Primary-to-Coolant Temperature

Ratio - As indicated previously, it was felt that first

order basic losses could be studied cold and the re-

sult of actual engine temperature ratio (primary-to-

coolant) prec le',ed from cold data. Two vanes were

tested in-house at varying temperature ratio (ref. 17)

and were used as the basis of such a prediction

method in reference 16. A sketch of the vanes is	Moffitt, Stepka,

shown in figure 5. The upper vane had a combination and Rohlik

of convection cooling with trailing edge ejection and

a single film-cooling slot on both the pressure and	
7

`	 suction surface. The vane on the bottom was cooled
f
r

ti



by transpiration and had a wire mesh shell welded to

an internal strut. The cold test results are shown in

terms of efficiency in figure 6 at an indicated tem-

perature ratio of one (solid circles) . As indicated on

the right side of the figure, the coolant fraction was

varied by incr;,rasing the cavity pressure ratio from
s

	

	 1.0 to 1.5. As seen on the ordinate, this resulted in

higher coolant flows and lower thermodynamic effi-

ciency for both vanes. This cold data was then used

1

	

	 in reference 16 to predict performance at higher tem-

perature ratios. The basic assumption used in the

analysis is that the aerodynamic losses (total pres-

sure losses) due to boundary layer growth are suffi-

ciently modeled if the coolant-to-primary momentum

ratios are maintained constant. This occurs when

the coolant-to-primary inlet total pressure ratio (or

cavity pressure ratio) is maintained constant as

shown by the solid lines of figure 6. The experi-

mental data at higher temperature ratios are shown

for comparison in figure 6 as open circles. Very

j	 good agreement was obtained for the convection-film

j	 vane and fair agreement for the transpiration vane.

1

	

	
Although such 2D test results tend to validate the

prediction of profile losses at actual engine temper-

ature ratios, preliminary data from annular tests

with endwall cooling and secondary flows are not as

definitive. More testing in this area is needed.

Effect of Ceramic Coating on Vane Efficiency

There is current interest in the use of thermal bar-

rier coatings at intermediate temperature levels from

cost, life, and performance considerations. Figure 7

shows a ceramic coated ;vane used to evaluate the ef-

fect of the coating on vane loss (ref. 11) . In the as-

sprayed condition, the surface roughness averaged

8.9 micrometers. Light polishing with a solid piece

of aluminum oxide reduced theroughness to an aver-

age of 2.8 micrometers. _Exit surveys were made	Moff itt, Stepka,
i

'	 behind the vane both in the rough and smooth condi-	and Rohlik

tion in a cold 2D cascade. The resulting loss coef-

ficients as a function of exit velocity r atio are shown

k

8in figure 8. At design exit velocity ratio of about' 

5



0. 8, the additional loss for the rough coating over

the uncoated vane is very large, about 4 points. Light

polishing eliminated most of this additional loss.

Figure 8 shows the polished vane to have a loss about

0.7 point greater than the uncoated vane, and is di-

rectly attributable to the 38 percent thicker trailing

edge of the polished vane.

ROTATING STAGE TESTS An experimental in-

vestigation of a 50.8-cm (20-in.) diameter core tur-

bine was conducted under contract by the General

Electric Company in Evendale, Ohio (refs. 18

through 21) . Three turbines were tested; a solid

vane-solid blade combination, and two cooled ver-

sions using the same vane and blade profiles as the

solid turbine but with different coolant hole designs.

Stage tests were made at primary-to-coolant inlet

temperature ratios up to those encountered by hot

engine conditions. In addition to overall perform-

ance ofthe cooled turbines, vane and blade loss de-

rivatives were obtained by testing a combination of

solid and cooled vanes and blades and will be de-

scribed.

Description of Turbines A photograph compar-

ing the three blade versions tested is shown as fig-

ure 9. Cooled turbine #1 had in-:line holes aligned

about 350 to the local surface. As seen in figure 9,

turbine #2 had much fewer, bigger holes. Turbine

#2 had a total of about 1/3 as many holes as turbine

#1. The design temperature level was high enough

to require full-film cooling combined with internal	 I

impingement cooling. A sketch of the flow path show-

ing the five individually controlled cooling circuits is

shown as figure 10. The vane and blade passage

heights were both3.81 cm (1. 5 in.) , and the vane

and blade axial chords were 3.81 cm (1.5 in.) and

3.43 cm (1.35 in.), respectively. The turbine test

facility is shown in figure 11. Power was absorbed	Moffitt, Stepka,

and speed controlled by a waterbrake on the far side	and Rohlik

of the large exhaust collector shown in the photo-

graph. The turbines were both tested at a reduced	
9

(from engine conditions) inlet gas temperature of



1	
778 K (14000 R) . Coolant air was temperature con-

,	 trolled to set actual engine primary-to-coolant inlet

temperature ratio.

Test Results - The overall turbine test results

are tabulated in figure 12. The solid efficiency of

0.88 was calculated by NASA from the solid half-size

turbine results from reference 23 corrected for seal

i
ing effects and clearance. A significant penalty in

thermodynamic efficiency is noted from the figure.

The overall loss derivative is the penalty in effi-

ciency expressed in percent decrease caused by the

coolant per percent coolant required. Each percent

of coolant required resulted in a penalty of about 0. 5

i
and 0.4 percent in efficiency for turbines #1 and #2,

respectively.

In addition to the overall loss, an individual loss

study was made of turbine #2 to separately determine

the derivative losses of the vanes and blades. The

combination of solid and cooled vanes and blades

tested are tabulated in figure 13. For each combina-

tion shown, coolant was ejected from the vane inner

and outer walls, and from the static shroud over the

rotor blades (see fig. 10) . The results of these tests

are shown in figure 14. Of the total of 17 percent

coolant used to cool turbine #2, figure. 14 indicates

that the blades and vanes used 8 and 4.3 percent, re-

spectively. The loss derivatives are shown to be

0.56 and 0. 32 percent reduction in stage efficiency for

G	 each percent coolant required by the blades and
f	 vanes, respectively. Using the coolant flows shown,	 r

this represents a four--point penalty in efficiency

caused by blade coolant and about a one-point penalty

caused by the vane coolant. Unfortunately, the tur-

bine was not tested with solid vane endwalls to de-

termine their individual loss derivatives. Unpub-

lished in-house data collected from 3D tests indicate

`	 that vane endwall loss derivatives can be as high or	Moffitt, Steplca,

higher than vane losses. More testing of vane and and Rohlik

endwall cooling is required to define these losses

for this turbine configuration.	 10



t

{
t
i.

I

COOLING STUDIES

Although transpiration cooling of a surface using

a porous wall consisting of a multitude of closely

spaced minutely small holes is more effective

(ref. 26) than full coverage film cooling that utilizes

arrays of discrete holes in the surface, primary em-

phasis by NASA and industry has been on the latter.

The reasons for this are that the relatively low struc-

tural strengths of the porous walls, potential oxida-

tion of the materials, and the plugging of the very

small holes have precluded, as yet, their use in op.-

erational cooled turbines. Although NASA has con-

ducted and supported research on transpiration-

cooling, particularly in areas related to the fabrica-

tion, oxidation, and flow characteristics of wall ma-

terials (refs. 27 to 32), the studies to be discussed

in this paper are primarily concerned with local and

full coverage film cooling using discrete hole arrays

in (a) flat plates and (b) cascades and engines

Other recent studies conducted by NASA in-house'

and under contract in areas related to turbine cooling

and aerodynamics which will not be discussed further

in this report but which are mentioned for complete-

ness are: references 33 to 35 which investigated

pressure loss and flow characteristics for individual

coolant flow passages and for complete airfoils, ref-

erence 36 on thermodynamic and transport properties

of combustion products of ASTM-A-1 fuel and air,

references 37 and 38 on blade fabrication processes,

references 39 and 40 on stress analysis of blades,

references 41 to 43 on design of more reliable tux-

bine disks, references 44 to 47 investigated impinge-

ment cooling primarily applicable to leading edge

region, reference 48 examined the boundary condi-

tions of porous or perforated walls, and lastly, ref

erences 49 to 54 deal with instrumentation required	Moffitt, Stepka,

in turbine cooling research.	 and Rohlik

FLAT PLATE HEAT TRANSFER INVESTIGA-

TIONS The early research on discrete hole film	
11

cooling was conducted by the University of Minnesota
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under contract to NASA. This effort was concerned

with obtaining an understanding of the cooling charac-

teristics of the flow out of single holes and rows of

holes normal to and inclined at several angles with

the wall and the mainstream flow. The research was

conducted on a flat plate in a tunnel where adiabatic

wall temperatures were measured downstream of

ejection holes. The results of these investigations

(refs. 55 to 57) showed, as illustrated in figure 15,	 1

that for a constant blowing ratio M of 0. 5, injection

'	 at a shallow angle (35o) to the wall in-line with the

direction of the mainstream gave high local film cool-

ing effectiveness,ri FILM which decays rather slowly

with distance. Injection of the coolant in the spanwise

direction (normal to the mainstream) as might be ex-

pected provided cooling of a larger surface area but

at the expense of lower cooling effectiveness and-a

more rapid decay of cooling with distance. The in-

jection at shallower angles in the spanwise direction,

as can be seen on comparing figures 15(b) and (c),

gave not only better coverage but slightly better cool-

ing which persisted longer. It would appear from the

data that injection at an angle between the streamwise

and spanwise direction to be the best compromise for

good cooling and coverage.

The effect of film cooling blowing ratio and inter-

action of adjacent holes is shown in figure 16. The

figure shows the cooling effectiveness measured

downstream of a single hole with that of a row of

holes spaced at 3-diameters with in-line injection 350

to the wall. ` The effectivenesses, measured along

the hole center lines, show little effect of the pre-

sence of adjacent holes until beyond 11 diameters

downstream or at high blowing rates (above 1.0):`

More importantly, the tests in figure 16 showed that

ejection from discrete holes resulted in a maximum

cooling effectiveness when a blowing ratio M of Moffitt, Stepka,

about 0.5 was reached. The studies at the University and Rohlik-

of Minnesota also provided information of the devel-

oping temperature field, the velocity profiles, and	
12

the turbulence levels in the boundary layer as it de-



veloped downstream of the injected coolant (ref. 58)
Results showed that the injected fluid caused intense
turbulence in the boundary layer just downstream-of
the holes. Models for the analysis of the tempera-
ture field were also developed and are described in
reference 59.

More recently, research was and currently is
being conducted at Stanford University under contract	 ..,
to NASA to further explore discrete hole film cooling
with emphasis on multiple rows of holes and the re-
gion<downstream of these holes. The approach con-

1	
sidered full coverage film cooling as a special case

1i

	

	 of transpiration cooling. Measured in the study was

the average heat flux downstream of rows of holes.
The heat transfer coefficients and Stanton numbers
were determined from these heat fluxes. The inves

j	 tigation used a flat plate with 11 rows of holes in

I which ejection was normal to the wall or at 300 to the

wall in the direction of the gas stream. Two spacing
k

	

	 of holes were investigated, holes spaced at 5 diam-
eters and holes spaced at 10 diameters. Results of
these studies (refs. 60 to 62) indicated that the pres-
ence of the rows of film cooling holes without blowing
increased the Stanton number along the plate com-
pared to that theoretically predicted for a smooth flat
plate. The results also showed that in-line injection
of air at 300 to the wall at the temperature of the wall
at a blowing ratio of 0.4 reduced the heat transfer
coefficient but that as the blowing ratio increased to
0.7-the heat transfer coefficient increased. This a
poorer cooling with a'high blowing ratio is similar to
that shown in figure 16. The results from the Stan-	

1

ford University tests also indicated that at a constant

blowing ratio, inferior cooling (higher Stanton num-
ber) was obtained with the large hole spacing (10-hole
diameter) ` compared to the smaller hole :.spacing
(5-hole diameter) . This inferior cooling was also	Moffitt, Stepka,	 1

obtained when the two configurations of hole spacings and Rohlik
had the same blowing ratio for a given wall area.
The resulting higher velocity from the fewer holes at

13	 3the large spacing for this blowing condition increased



the turbulence and also penetrated further into the
boundary layer and resulted in less cooling of the

wall.
Integral equations were developed for the predic-

tion of the heat transfer data for cases when the in-
jected fluid is at mainstream or at wall temperature.
Also developed was a two-dimensional boundary layer
program (ref. 63) which was modified as described in	 i

reference 62 to predict the thermal performance of

full-coverage film cooled walls. A finite difference
scheme was used. It was based on the computer pro-
gram originated by Patankar and Spalding (ref. 64)_,
The results of using the program show that good
agreement with experiments have been obtained. The

f	 solutions obtained are dependent on obtaining empiri-
cal constants for coolant penetration and augmenta-
tion of turbulent mixing. As a consequence, research
is continuing to determine the general applicability or

changes required in the constants for various injec-
tion angles and hole geometries and spacings.

Although these investigations have contributed
data to develop analytical models for film cooling, a	 l

better understanding was still needed of the fluid dy-
namics under conditions of injection of a film through
holes into a gas stream. A method undertaken to
achieve this understanding was flow visualization. A
carbon dioxide-water vapor fog was used at the Uni-
versity of Minnesota, reference 58, to visualize the

j now field and turbulence associated with injection of
air through a single hole. Although some insight was
obtained from the study, the fog diffused so rapidly
due to the high turbulent mixing in and near the injec-
tion region that only the large-scale turbulent motion
near the hole was visible. Another study, conducted
at the Lewis Research Center and reported in refer-
ences 65 and 66, utilized air seeded with small neu-

trally buoyant helium-filled bubbles injected into a	Moffitt, Stepka,

turbulent boundary layer through discrete holes in a	and Rohlik

flat plate test tunnel. The paths traced by the bubbles
map streakline patterns of the injected film air mix- 14
ing with the mainstream. Unlike fog or smoke which



diffuses rapidly, the bubble movements are clearly

identifiable as continuous thread-like streaks in the
injected film layer. Visualization studies were con-
ducted of injection normal to the wall, slanted at 300
to the wall in the direction of the mainstream, and at
a compound angle: 30° to the wall and 45° to the

mainstream flow. Observance of the bubble streak-
lines for normal, injection showed a high intensity„

x	 small-scale turbulence in a vortex produced down-
stream of the injection hole. This high turbulence is
detrimental in that it causes extensive mixing of the
film with the mainstream resulting in increases in the
heat-transfer coefficient and aerodynamic losses.
For normal injection the film was seen to detach from

the surface at blowing rates as low as 0.3. This
would indicate a reduction of the cooling effects of the
film. The streaklines obtained with injection slanted
300 in the direction of the mainstream, shown in fig-
ure 17, have a much lower intensity of turbulence
than normal injection. Also, the streaklines show
little spreading of the jet as it progresses down-
stream. The figure also shows that the film remains

very close to the wall at a blowing ratio of 0.3. It
was not until the blowing exceeded 0. 5 that the film
began to detach from the surface and allow the bound-
ary layer to wrap around beneath the jets. The maxi-
mizing and reduction of cooling effectiveness above a
blowing ratio of 0.5 previously shown in figure 16 is
substantiated and explained by the detachment of the
film. The detachment of the film is clearly shown in
figure 17, at a blowing ratio of 0. 8, and a penetration
into the free stream at a high blowing ratio of 1.4.

	

'	 The boundary-layer thickness, 6, is indicated'in the
figure by the arrow.

The results of the flow visualization of a'film in-
jected at a compound angle are shown in figure 18.	 I
The oblique angle that the film makes with the main=	Moffitt , Steka,	p
stream generates a single vortex filament down-	and Rohlik

	

{	 _	stream of each hole. This vortex begins forming at

blowing rates of about 0.3 (fig. 18(a)) and becomes	15

most pronounced at blowing 'ratios ,between 0.7 and



0. 9. Notice the very tight "winding" of the streak-

lines in figure 18 (b) at a blowing ratio of 0.7 5. A

closeup top view of the upstream injection region for

this blowing ratio is shown in figure 18(c). The most

important feature of compound angle injection is that

this strong vortex motion keeps the film attached to

the surface even at high blowing ratios resulting in

lower wall temperatures. Observation of the streak-

lines with compound angle injection from a side view

of the tunnel indicated little difference in the penetra-

tion distance for blowing ratios between 0.3 and 0. 9

(fig. 19(a)) compared with the increase in penetration

observed for in-line _injection when the blowing ratio

is increased from 0.3 to 0 8 (fig. 19(b)) . The cooling

characteristics of compound angle injection was ex-

amined in a turbine vane cascade discussed in the fol-

lowing section.

CASCADE AND ENGINE INVESTIGATIONS A

large number of tests were made at NASA to evaluate

the thermal performances of various configurations

of air-cooled vanes and blades (refs. 67 to 91). These

tests were conducted in an annular sector cascade

consisting of four turbine vanes and in a research
a

turbojet engine modified to accept cooled test vanes

and blades. The facilities, which operated to gas

temperature of 1644 K, are described in detail in ref-

erence 79. The effects of impingement cooling on the

inner surface, film cooling on the outer surface, com-

binations of film and impingement cooling, and the ef-

fects of thermal barrier coatings were investigated.	 ?

The data in both references 73 and 74 show that

the effect of crossflow over impinging jets is to en-

hance the downstream heat transfer rather than de-

grade the heat transfer as has been reported by other

investigators. Figure 20 from reference 74 shows `	 3

that for a given jet Reynolds number, Red, the local

Nusselt number, Nud, increases as the crossflow in- Moffitt, Stepka,

creases cumulatively 'along the vane periphery from	and Rohlik

thermocouple locations 10 to 12.

During; the evaluation of the vanes and blades	16
which utilized local film cooling (refs. 82 to 87) ad

_r



verse effects of film cooling were observed. It was

found that injection of the film can increase the heat-

transfer coefficient by increasing the turbulence or

tripping a laminar boundary layer. This adverse'ef-

fect at low coolant flow resulted in higher metal tem-

perature than would exist if no film cooling holes

were used. This is illustrated in figure 21, obtained

from reference 83. A measurement at a single ther-

mocouple location is illustrated although other mea-

surements upstream of the location gave similar re-

sults. The figure shows that when film was initially

injected the temperature difference ratio ^o de-

creased (or the measured metal temperature in-

creased). It was only after the film coolant to gas'

flow ratio was increased to beyond 0. 01 that the

metal temperature was restored to the level before

film injection.

The influence of injection angle on the cooling of

the suction surface of a vane was investigated in ref-

erence 87 The study was undertaken to determine

whether coolant injected at a compound angle would

provide better cooling with increases in blowing ratio

than in-line injection. This investigation was in-

tended to also verify the expected benefits of better

flow attachment to the wall with the compound angle

injection as seen in the flow visualization studies de-

scribed earlier (ref. 65) . The results of the cascade

test arc, shown in figure 22 for the suction side of a

vane where an adverse pressure gradient existed.

Compound angle injection resulted in a continual im-

provement in cooling of the wall with increases in i
blowing ratio. This is seen as the continual increase

r,

in the temperature difference ratio. On the other

hand, as expected, the slanted in-line injection	 3

peaked in cooling at a blowing ratio of about 0. 5,

after which the wall temperature increased with addi-

tional coolant injection. The importance of combin-	Moffitt, Stepka,	 j
3

;.	 ing convection cooling with film cooling was 'experi-	and Rohlik

mentally verified in reference 86 and was analytically

predicted in reference 88. Figure 23, from refer
17

ence 88, shows that for a constant total coolant flow



j	 the outer surface of a wall which combines film and

convection cooling has a lower average temperature
than with either film cooling alone or convection cool-
ing alone. Analysis supported by experimental data

j

	

	 indicated that at typical engine conditions and coolant-
to-gas flow ratios (about 0.05) combinations of ex-

i ternal film and internal convection cooling can result
in lower metal temperatures than either method
alone.

Full coverage film cooling with effective internal
cooling, such as impingement cooling, provides the
means (ref. 26) to attain the higher gas temperature
and pressure expected of turbines of the future with-
out excessive coolant flow requirements. The fabri-
cation of these airfoil, however, is both complex and

costly, and the ejection of coolant over the blade sur-

face has the built-in aerodynamic penalties described
earlier. A potential alternate method not only for

P use on future turbines but to provide benefits to cur-
rent ones is the use of a ceramic thermal barrier
coating over the outer surface of the airfoil. Such a

coating shown on a blade in figure 24 has been inves-
tigated and is under further development at the Lewis
Research Center (refs. 89 to 91). The coating as

l
shown in the. figure consists of a thin nickel alloy

I	 bond coat of about 0.01 centimeter covered with zir-
conic with a thickness of about 0.038 centimeter.	 j
The coating is applied by plasma spraying. The de-
tails of the coating and application process are de-
scribed in ,reference 91. The coating which serves
as an insulation to reduce heat flux to the blade was
found to have a`potential for significantly reducing
blade metal temperatures and coolant flow require-
ments.

Predicted reductions in bulk turbine-vane metal
temperatures and coolant-to-gas flow ratios with in-
creases in ceramic coating thickness on vanes in an

Moffitt, Stepka,

advanced core engine turbine asobtained from refer- and Rohlik
ence 89 are shown in figure 25. Bulk wall metal tem-

perature (integrated average temperature over entire	18
vane) was substantially reduced as ceramic coating



thickness was increased. The bulk wall metal tem-

perature for the impingement-cooled turbine vane

analyzed could be reduced by as much as 390 K at a

coolant-to-gas flow ratio of 0.10 when coated with a

0.051-centimeter thickness of zirconia. Alterna-

tively, when both coolant flow and wall metal tem-

perature were allowed to vary, large changes in both

metal temperature and coolant flow were predicted.	 ..

Vanes coated with a 0.051-centimeter thickness of

zirconia could have both an eight-fold decrease in

coolant flow and 110 K reduction in metal tempera-

ture compared to the uncoated vane. The coolant

flow was reduced from 0.10 for an uncoated vane to

0.0125 for a coated vane with a corresponding vane

metal temperature reduction from 1390 to 1280 K,

respectively.

The dashed portions of the curves in the figure

illustrate a limitation associated with using the cur-

rent ceramic composite coatings. The limitation is

the ability of the ceramic coating to adhere to the

bond coating when the temperature at the interface

between these two layers exceeds 1367 K. This lim-

iting temperature was determined with furnace tests

described in reference 89.

Experimental evidence of the potential reductions

in metal temperature was obtained with a coated and
Y

uncoated vane operating in a research engine. These

results shown in figure 26 show approximately a

.'

	

	 190 K reduction in the metal temperature of the vane

coated with a 0. 028-centimeter thickness of zirconia

compared to an uncoated vane. The figure also	 j

shows good agreement between calculated and mea-

sured wall temperatures.

Another calculation of the coolant requirements

of an advanced convection-cooled turbine, a full-

coverage film-cooled turbine and a thermal barrier

coated convection-cooled turbine is shown in fig-	Moffitt, 5tepka,	 a

ure 27 The comparison shows that the coated tur-	and Rohlik

bine has the potential for operation at coolant flows

similar to one that is full-coverage film cooled. A
19
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ceramic thickness of 0.038 centimeter was assumed

in the analysis

The durability of various coatings on air-cooled

vanes and blades was investigated in cyclic tests in

furnaces and burner rigs and under both steady state

and transient engine operations. These tests are de-

scribed in reference 91. The coatings on one group of

blades successfully completed as many as 150 hours

in steady state engine operation at gas temperatures

as high as 1644 K and on another group of blades

completing 500 2-minute cycles between full power

(at a gas temperature of 1644 K) and flame-out (at a

gas temperature of 1000 K) . Based on material and

processing costs and the results of the cyclic engine

tests, yttria-stabilized zirconia was considered the

best of the ceramic coatings investigated.

SUMMARY OF MAJOR RESULTS'

The Lewis Research Center has a continuing tur-

bine program directed toward the use of higher tem-

peratures with good efficiency and acceptable vane

and blade life. Several results of various efforts

within this program are general in nature and can be

stated rather briefly.

1. The aerodynamic penalty associated with film

coolant ejection varies greatly with location on the

vane profile. Air ejected from the back part of the

suction surface realized only 10 to 50 percent of its

ideal kinetic energy, based on vane exit pressure,

whereas that ejected from the forward part of the

suction surface and all of the pressure surface de-

livered up to 80 percent of its available energy.

2. Aerodynamic effects of coolant ejection

through successive rows of holes were neither com-

pounded nor diminished through interaction. Coolant

flow quantities and losses were simply additive.	
Moffitt, Stepka,

3. The angle at which coolant is ejected influ- and Rohlik	 3

ences both cooling effectiveness and aerodynamic

f

	

	 loss. Blade surface regions with decelerating flow	20
require cooling-aero compromises, and good cooling

t

i
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effectiveness and relatively low loss are best ob-
tained when the coolant leaves the blade through a

compound angle with a large chordwise velocity com-

ponent and a somewhat smaller spanwise component.

Leading edges and areas of accelerating flow are

aerodynamically less sensitive, so greater freedom

may be exercised in the selection of coolant ejection	 r

angle.

4. Thermal barrier ceramic coatings approxi-

mately 0.4 millimeter thick have shown durability

through steady state and cyclic engine operation with

internal convective blade and vane cooling. The

thermal performance of a ceramic coating on inter- {
nally convectively cooled vanes and blades is poten-

tially as effective as full-coverage film cooling. The

aerodynamic loss of a coated vane is no larger than

that of a smooth metal vane with the same trailing

edge thickness.

5. Two-dimensional vane studies have shown that

profile losses at actual engine temperature ratios

may be reasonably predicted from cold test data ob-

tained with equal primary and coolant temperatures.

6. Thermodynamic efficiencies of advanced high

temperature core turbines can be severely affected

by full-coverage film cooling. Turbine loss deriva-

tives for two core turbine cooling configurations

ranged from 0.4 to 0.5 percent reduction in turbine

efficiency for each percent of coolant. The blade

f

	

	 profile loss derivatives were approximately double

those of the vane profile, and current in-house stud

i	 ies indicate that vane endwall loss derivatives are as

high or higher than the vane profile derivatives.

7`. Film cooling can cause an increase in the ex-

ternal heat transfer to a vane or blade which has a

fixed internal convective cooling flow. This results	 '.
i

in higher metal temperatures. The mechanism in

volves an increase in turbulence and in some cases	IVIoffitt, Stepka,

the tripping of a laminar boundary layer,	 and Rohlik

8. At typical engine conditions and coolant flow

rates combinations of external film and internal con- 21
`	 vection cooling can result in lower average blade



metal temperatures than either method alone.

9. For given hot side flow conditions and total

coolant flow, combined impingement and crossflow on

the cool side provided significantly lower metal tem-

peratures than did impingement alone.

CURRENT PROGRAMS

Turbine cooling studies now in progress include	 +

a number of contracts and grants as well as in-house

work in both experimental and analytical areas. Film

cooling, impingement, endwalls, thermal barrier

coatings, and even liquid cooling are receiving atten-

tion.

FILM COOLING - Film cooling is the most im-

portant area because at present it is the only demon-

strated'cooling method that can protect vanes and

blades from the high gas temperatures, 1530 to

1900 K, current and planned for the advanced civil

and military aircraft. A warm core turbine facility

is planned for operation in late 1977 This facility,

shown schematically in figure 28, with inlet tempera-

tures up to 870 K will permit aerodynamic studies of

cooled turbines with primary-to-coolant temperature

ratios from one to three. The warm core turbine in-

vestigation described previously will be continued to

further define losses associated with the various

coolant flow paths. Also, the test equipment will

serve asa vehicle to evalute modifications to endwall

contours, clearance geometry and coolant ejection

schemes. This facility will alsobe used to evaluate

a turbine designed for the requirement of the new

Energy Efficient Engine. A companion warm core

cascade rig is nearing completion. Full sets of

vanes will be studied in detail in the cascade rig

prior to operation with a rotor in the turbine rig.

A hot turbine facility is also under construction	Moffitt, Stepka,
and will be operational in 1978. This facility will	and Rohlik
provide pressures up to 40 atmospheres and temper-

atures up to 2480 K. Figure 29 shows some of the	
22

facility's features. Vane, blade, and wall tempera



tures with advanced cooling methods will be mea-

sured during turbine operation at design conditions

with its very high heat fluxes. This facility and its

full capabilities are described in detail in refer-

ence 92L.

Other film-cooling programs involve one-time

tunnel hot tests, two-dimensional vane cascade tests,

flat plate heat-transfer measurements, and flow

visualization with neutrally buoyant helium bubbles:

ENDWALL COOLING - A contract effort at

United Technology Research Center is developing a

three-dimensional turbulent shear flow computer

program. This program will calculate heat-transfer

coefficients and viscous losses with coolant injection

through a turbulent boundary layer.

At the Lewis Research' Center an annular cas-

cade is being used to investigate the influence of cool-

ant injection on the secondary flows and loss accumu-

lations in the blade wakes.

IMPINGEMENT COOLING = The variable that de-

termine heat-transfer coefficients in impingement

with crossflow are being examined systematically at

Arizona State University under a NASA Grant. Re-

lated in-house work is underway at Lewis in cascades

and planned for a flat-plate heat-transfer tunnel and

a flow-visualization tunnel.

THERMAL BARRIER COATINGS Work to date

with the stabilized coatings has been sufficiently pro-

mising that a substantial experimental program is in
F	 progress. Thermal properties, resistance to ero-

sion and foreign object damage, and life properties

will be examined in detail. Tests planned include hot

cascade, furnace, and extensive engine operations

with high temperatures and large numbers of thermal

cycles.

A turbine designed for the energy efficient engine
f	 requirements but employing the thermal barrier coat- Moffitt, Stepka,

ing instead of film cooling will be tested in the Warm and Rohlik

Core Turbine Facility. Aerodynamic performance of

this turbine will be compared with the film-cooled	23
version for an accurate assessment of the potential



i

I

performance gain offered by the coating. Correla-

tion based on previous cascade and turbine tests in-

dicate a potential of three points in first-stage ther-

modynamic efficiency.
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Figure 3. - Multirow vs. additive single row ejection.
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